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MagnetometerAbstract The main goal of this research is to establish spacecraft orbit and attitude control algo-
rithms based on extended Kalman ﬁlter which provides estimates of spacecraft orbital and attitude
states. The control and estimation algorithms must be capable of dealing with the spacecraft con-
ditions during the detumbling and attitude acquisition modes of operation. These conditions are
characterized by nonlinearities represented by large initial attitude angles, large initial angular
velocities, large initial attitude estimation error, and large initial position estimation error. All of
the developed estimation and control algorithms are suitable for application to the next Egyptian
scientiﬁc satellite, EGYPTSAT-2. The parameters of the case-study spacecraft are similar but not
identical to the former Egyptian satellite EGYPTSAT-1. This is done because the parameters of
EGYPTSAT-2 satellite have not been consolidated yet. The sensors utilized are gyro, magnetome-
ter, and GPS. Gyro and magnetometer are utilized to provide measurements for the estimates of
spacecraft attitude state vector where as magnetometer and GPS are utilized to provide measure-
ments for the estimates of spacecraft orbital state vector.
 2014 Production and hosting by Elsevier B.V. on behalf of National Authority for Remote Sensing and
Space Sciences.1. Introduction
After separation of the spacecraft from the launcher, the
spacecraft enters the detumbling mode. In this mode, the
spacecraft may not be in the appropriate orbit. Thus, it is re-
quired in this mode to de-tumble the spacecraft in addition
to control its orbit to achieve the desired orbit. Thus, there
are four problems required to be solved simultaneously. The
ﬁrst problem is the problem of spacecraft orbit estimation.
In this problem, the spacecraft orbit is initially determined
taking into account large initial orbit estimation errors. The
second problem is the problem of spacecraft attitude estima-
88 T.M.A. Habibtion. This problem is characterized also by large initial estima-
tion errors. The third problem is the problem of spacecraft
attitude control where the initial large attitude angles are
required to be approximately zeros for a nadir pointing
spacecraft. The last problem is the problem of spacecraft orbit
control where the spacecraft is moved from its initial orbit to
its target or ﬁnal orbit.
The problem of spacecraft attitude and orbit control has
been treated in the literature (Paluszek et al., 2009), and (By
the Staff of Princeton Satellite Systems, 2000). Orbit
determination and three axis attitude determination are
discussed in Bowen (2009). Coupled attitude and orbit control
system could be found in Lennox (2004). In Ref. Tamer
(2009), the problem of spacecraft attitude control with orbit
and attitude estimation based on magnetometer measurements
is solved successfully. Ref. Tamer (2011) describes the problem
of attitude estimation based on measurements of GPS, gyro,
magnetometer and star sensor. Ref. Tamer (2012) solves the
problem of spacecraft orbit control in a novel approach. Simul-
taneous spacecraft orbit estimation and control based on GPS
measurements via extendedKalman ﬁlter are achieved in Tamer
(2013).
All of the previously mentioned researches covered only one
or two problems at most of the four simultaneous problems dis-
cussed earlier in this introduction. The main contribution of the
research at hand is that it solves these four problems simulta-
neously based on measurements of gyro, magnetometer, and
GPS. Gyro and magnetometer are used to provide measure-
ments needed for spacecraft attitude estimation process where
asmagnetometer andGPS are utilized to providemeasurements
needed for spacecraft orbit estimation process. The developed
algorithms are intended to be applied to the next Egyptian satel-
lite, EGYPTSAT-2. The parameters of the case-study space-
craft are similar but not identical to the former Egyptian
satellite EGYPTSAT-1. This is done because the parameters
of EGYPTSAT-2 satellite have not been consolidated yet.
2. Spacecraft attitude and orbital motion mathematical model:-
The spacecraft attitude and orbital motion model given in Ta-
mer (2011) is described herein. The nonlinear differential equa-
tions describing the combined rotational and translational
motions of the satellite are given by
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where f11: is 6 · 6 matrix, f12: is 6 · 7 matrix, f21: is 7 · 6 ma-
trix, f22: is 7 · 7 matrix, BO: is 6 · 1 vector, BA: is 7 · 1 vector,
0i·j: is an i · j zero matrix, Ii·j: is an i · j unit matrix, lE: is theearth’s gravitational constant (lE = 3.986 · 1014 m3/s2). X: is
the skew symmetric matrix of the inertial angular velocities de-
ﬁned by,
X44 ¼
0 xz xy xx
xz 0 xx xy
xy xx 0 xz
xx xy xz 0
26664
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J: is the spacecraft inertia matrix given byJ ¼
Jxx Jxy Jxz
Jyx Jyy Jyz
Jzx Jzy Jzz
264
375:
Hw: is the angular momentum of the wheels (the case study
at hand has a momentum wheel mounted in the pitch
direction).
[c · ]: is the cross product matrix of [c] = [cx cy cz]T calcu-
lated from
½c ¼
0 cz cy
cz 0 cx
cy cx 0
264
375
aI: is the input inertial acceleration.
M: is the input torque.
w: is process noise.
The state vector, X, of the spacecraft dynamics is chosen as
X ¼ ½XTO XTAT with XO ¼ ½XI YI ZI XI
o
YI
o
ZI
o
T
deﬁned as the orbital state vector comprised of inertial
position and velocity components respectively, and
XA ¼ ½q1 q2 q3 q4 xx xy xzT is the attitude state
vector composed from the quaternion vector with q4 represent-
ing the real component of the attitude quaternion (representing
the rotation from inertial to body axes), and the inertial angu-
lar velocities. The case study spacecraft is subject to earth’s
oblateness effect till the fourth order (i.e. J4), and the gravity
gradient moments. All of these models are propagated through
Eq. (1) for the simulated and estimated spacecraft.3. Extended Kalman ﬁlter
The mechanization equations of the extended Kalman ﬁlter
utilized are given by Tamer (2011):bXk ¼ fð bXk1Þ ð2Þ
Pk ¼ Ak1Pk1ATk1 þQk1 ð3Þ
Kk ¼ Pk HTk ðHkPk HTk þ RkÞ1 ð4Þ
bXk ¼ bXk þ Kk½zk  z^k ð5Þ
Pk ¼ ½I KkHkPk ½I KkHkT þ KkRkKTk ð6Þ
Fig. 1 Combined estimation and control algorithms block diagram.
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bX k : a priori state estimate at a time step k (of order 13 · 1).
Ak: is the state transition matrix (of order 13 · 13).
Hk: is the measurement matrix (of order 9 · 13).bX k : A posteriori state estimate at a time step k (of order
13 · 1).
Pk: a posteriori estimate error covariance at a time step k
(of order 13 · 13).
Pk : a priori estimate error covariance at a time step k (of
order 13 · 13).
Qk: is the discrete process noise covariance (of order
13 · 13).
Rk: is the discrete measurement noise covariance (of order
9 · 9).
zk: is the measurement vector provided by measurement
devices (of order 9 · 1).@h
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The state transition matrix according to (Sidi, 1997) is cal-
culated from
Ak1ð bXþk1Þ ¼ fIþ ðFk1ð bXþk1ÞÞDTg ð7Þ
with DT deﬁned as the sampling time interval and
Fk1ð bXþk1Þ ¼ @f=@XjðbXþ
k1Þ
ð8Þ
The measurement matrix Hk is computed from
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90 T.M.A. Habibwith t deﬁned as a zero mean Gaussian white noise and b.b is
earth’s magnetic ﬁeld component measured by the magnetom-
eter in the corresponding direction. The measurement matrix
according to Eqs. (9) and (10) is given by
Details of computing the ﬁrst three rows of Eq. (11) are
lengthy and could be found in Tamer (2009).
4. Spacecraft orbit and attitude control
The problem of spacecraft control is divided into two parts.
The ﬁrst part considers the orbit control problem, and the sec-
ond part considers the attitude control problem. Considering
the orbit control problem, the control law is given by Tamer
(2012) and Tamer, 2013 as follows
aXC ¼ KXðXcommI  XEI Þ þ KXDðVcommXI  VEXIÞ ð12Þ-50
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Fig. 3 Spacecraft inertial angaYC ¼ KYðYcommI  YEI Þ þ KYDðVcommYI  VEYIÞ ð13Þ
aXC ¼ KZðZcommI  ZEI Þ þ KZDðVcommZI  VEZIÞ ð14Þ
where
aIC ¼ ½aXC aYC aZCT : are the control accelerations pro-
vided to the spacecraft expressed in the inertial frame of
reference.
½KX KXD KY KYD KZ KZDT : are the controller gains
in the X, Y, and Z directions.
()E: denotes that the variable is provided by the estimator
½X commI Y commI ZcommI T : are the commanded inertial posi-
tion components.
½V commXI V commYI V commZI T : are the commanded inertial veloc-
ity components.0.6 0.8 1 1.2
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Fig. 4 Spacecraft attitude estimation error time history.
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given by Sidi (1997)
TXA ¼ 2KXAq1Eq4E þ KXDAxBRx ð15Þ
TYA ¼ 2KYAq2Eq4E þ KYDAxBRy ð16Þ
TZA ¼ 2KZAq3Eq4E þ KZDAxBRz ð17Þ
with
½T XA T YA T ZAT : are control torques in the directions of
the body axes triad system.
½KXA KXDA KYA KYDA KZA KZDAT : are the controller
gains.
½xBRx xBRy xBRzT : are the angular velocities of the body
frame with respect to the reference frame.-4
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Fig. 5 Position estimation½q1E q2E q3E q4ET : is the quaternion error vector.5. Controllability and observability analysis
Check of the controllability and observability matrices could
be done through the computation of the controllability and
observability matrices. The controllability matrix is given by
CO1378 ¼ G AkG A2kG    A12k G
  ð18Þ
where the matrix, G, is given by
G ¼
033 033
I33 033
043 043
033 J
1
26664
37775 ð19Þ0.8 1 1.2
]
error time history.
92 T.M.A. Habiband the observability matrix, OB, is given byOB11713 ¼
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377777775 ð20Þand the details of computing the matrix, Hk, are given in Ta-
mer (2009), Tamer (2011). Thus, for complete controllability0 1 2 3 4
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must have a full rank.
6. Application
As mentioned in previous sections, there are four problems to
be solved simultaneously. These problems are attitude estima-
tion, orbit estimation, attitude control, and orbit control. A
block diagram for the combined system is given in Fig. 1.
So as to verify the developed estimation and control meth-
odologies, a case study spacecraft is employed. About 76 func-0 1 2 3 4
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Table 1 Comparison of performance among different algorithms.
Algorithm developed
in Tamer (2013)
Algorithm developed
in Habib (2013)
Current research algorithm
Sensors GPS Magnetometer and gyro Magnetometer, gyro and GPS.
Attitude estimation accuracy 1.5 Not applicable 0.4
Orbit estimation accuracy Not applicable 500 m 50 m
Capability to deal with large initial estimation errors Capable Capable Capable
Combined spacecraft orbit and attitude control through extended Kalman ﬁltering 93tions were integrated together to form a solution for the case
study spacecraft. Also some simplifying assumptions are uti-
lized. The required attitude control torque is assumed to be
fully provided by small and accurate thrusters. Noise of all
sensors is assumed to be white Gaussian. The spacecraft initial
conditions are: a (semi major axis) = 7271200 m, i (orbit incli-
nation) = 95, e (orbit eccentricity) = 0.002, X (right ascen-
sion of ascending node) = 100, t (true anomaly) = 10, and
# (argument of perigee) = 0. h (pitch angle) = 60, w (yaw
angle) = 165, and / (roll angle) = 170. The inertial angu-
lar velocity components are xx = 4/s, xy = 4/s, and
xz = 2/s. Thrusters used for orbit control have a maximum
thrust of 890 N.
6.1. Extended Kalman ﬁlter initialization and covariance
matrices
The estimator initial conditions are: a (semi major ax-
is) = 7,371,200 m, i (orbit inclination) = 101.085, e (orbit
eccentricity) = 0, X (right ascension of ascending
node) = 339.5, t (true anomaly) = 6, and # (argument of
perigee) = 69. h (pitch angle) = 0, w (yaw angle) = 0,
and / (roll angle) = 0. The inertial angular velocity compo-
nents are xx = 0/s, xy = 0.0011/s, and xz = 0/s. The
measurement noise covariance matrix is given by
R ¼
R11 033 033
033 R22 033
033 033 R33
264
375 ð21Þ
with
R11 ¼ ð200 109Þ2I33;
R22 ¼ 0:02
3
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3
 2
 I33
The process noise covariance matrix is given by
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 
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The initial estimation error covariance matrix is given by
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Fig. 2 shows the time history of the spacecraft attitude an-
gles. As seen in this ﬁgure, the attitude angles were initially
as large as 170. The attitude control algorithm discussed is
capable of dealing with these large angles which are encoun-
tered during the detumbling and attitude acquisition modes.
Fig. 3 displays the of the spacecraft inertial angular velocities
time history. It is clear from Figs. 1 and 2, that the attitude
control algorithm was able to bring the spacecraft from the
detumbling mode to nadir pointing in less than half of an or-
bit. Fig. 4 shows the time history of the spacecraft attitude
estimation error for the pitch, roll, and yaw angles respec-
tively. The maximum estimation error was about 0.4 (3-r).
Fig. 5 represents the time history of the position estimation
error in the x, y, and z directions. The maximum initial esti-
mation error was about 2440 km in the x-direction, 9000 km
in the y-direction and 5732 km in the z-direction. After only
one time step this error has been reduced drastically to a
maximum of 50 m (3-r). As computed, the ranks of the con-
trollability and observability matrices are always equal to 13,
which indicate full controllability and observability of the
system states.
Fig. 6 shows the classical orbital elements for the initial and
target orbits respectively. As it is clear in this ﬁgure, the space-
craft had completed its orbital maneuver after approximately
1.2 orbital periods. Table 1 shows a comparison of the perfor-
mance among different algorithms existing in the literature.7. Conclusion
The integrated spacecraft attitude and orbit control methods
successfully worked with each other despite large initial orbit
and attitude estimation errors. The maximum estimation error
was about 0.4 (3-r) for the attitude estimation error and 50 m
(3-r) for the position estimation error. Both estimates of space-
craft attitude and orbital states are fed effectively to the atti-
tude and orbit control algorithms. The spacecraft attitude
and orbit control algorithms were able to bring the spacecraft
from the detumbling conditions to nadir pointing and execute
the required orbital maneuver at the same time. The ranks of
the controllability and observability matrices were thirteen,
which indicates a full rank, so the spacecraft is considered to
be fully controllable and observable.
94 T.M.A. Habib8. Future study
A multi-disciplinary team work should be formed. Further fac-
tors should be taken into considerations such as: modeling of
accurate sensor dynamics, bias estimation, scale factor estima-
tion, mounting errors estimation, colored noise effects, and
accurate modeling of actuator dynamics. All of the proposed
algorithms should be implemented to an onboard computer,
and the overall system performance should be evaluated. A
hardware-in-the loop simulator could be a valuable tool to test
and measure the efﬁciency of the proposed algorithms.
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